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Reliable ef� ciency calculation of high-subsonic and transonic compressor stages requires a detailed
and accurate prediction of the � ow� eld within these stages. Despite the tremendous progress in turbo-
machinery computational � uid mechanics, the compressor designer still uses different loss correlations
to estimate the total pressure losses and thus the ef� ciency of the compressor stage. A new shock-loss
model is presented for transonic and supersonic axial compressors with circular arc blade pro� les. The
model calculates the shock position, Mach number, expansion angle, and the shock total pressure losses.
The model is integrated into a loss calculation procedure, where the shock, pro� le, secondary, and total
losses are calculated. To validate the model and to establish new loss correlations, available experimental
data for several transonic compressor rotors were used. Detailed loss calculation results show that the
blade tip region with high Mach numbers cause shock losses that are approximately one-third of the total
pressure losses. In addition, correlations are presented for total pressure-loss coef� cient, pro� le-loss co-
ef� cient, and secondary � ow-loss coef� cients. These correlations allow the compressor designer to accu-
rately estimate the blade losses and, therefore, the stage ef� ciency.

Nomenclature
c = blade cord length
Dm = modi� ed diffusion factor
HR = immersion ratio
h = blade height
i = incidence angle
M = Mach number
R = curvature radius of the mean � ow path,

Fig. 4
r = local radius
S = spacing
t = thickness
U, V, W = rotational, absolute, and relative velocities
W = relative velocity
b = � ow angles
g = shock angle
gC = speci� c circulation function of a cascade
gR = speci� c circulation function of a rotor
d = angle between the shock normal unit vector

and the shock velocity vector
z = loss coef� cient
u = expansion angle
k = speci� c heat ratio
s = cascade solidity

Subscripts
a = axial direction
b,a = before and after the shocks in Eq. (12)
c = cascade, compressible
h = hub
s = shock
t = tip, tangential velocity component
w = wall
1, 2, 3 = stations of a compressor stage
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I. Introduction

T HE development in the � eld of turbomachinery compu-
tational � uid dynamics (CFD) has reached an advanced

level that allows a detailed calculation of the complex three-
dimensional viscous � ow through a compressor stage using
Navier– Stokes codes. Case studies presented at the 1994 In-
ternational Gas Turbine Institute conference displayed the ca-
pability of different CFD methods to calculate various � ow
quantities in detail. However, the ef� ciency and loss calcula-
tions revealed discrepancies between the experiment and nu-
merical calculation. Recent experimental and numerical studies
by Copenhaver et al.1 used a multiple-blade row approach to
examine the detailed � ow structure inside the rotor and the
stator passage. Comparison of the experimental and numerical
results indicates that many features of the compressible viscous
� ow are captured correctly and suggests that unmeasured phe-
nomena can be studied with some level of con� dence. How-
ever, comparison of the spanwise ef� ciency distribution with
experimental results, particularly for 100% rotor speed, shows
an ef� ciency underprediction, from the hub up to 75% of the
span, a sudden jump to overprediction ranging from 77 up to
100% of the span. This overprediction is not compatible with
the physical representation of the � ow. In this region, one
would expect the opposite tendency, namely a decrease in ef-
� ciency as the consequence of growth of losses caused by the
existence of shock, tip clearance vortices, casing boundary
layer, and their mutual interactions. The study by Copenhaver
et al.1 indicates the trend of CFD application to turbomachi-
nery � nal design. The preliminary design process, however,
requires an accurate estimation of the compressor loss and ef-
� ciency, which can be provided by loss models that accurately
represent the � ow situation and are described by conservation
laws.

To calculate the compressor stage ef� ciency accurately, the
compressor designer often uses loss correlations that account
for different loss mechanisms within the compressor stage
� ow� eld. Miller and Hartmann2 and Miller et al.3 conducted
fundamental research on transonic compressors, where they
primarily investigated the shock losses. Gostelow, Smith and
co-workers4– 10 focused their experimental research on single-
stage, high-Mach-number axial compressors. Their compre-
hensive experimental research includes the performance
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Fig. 1 Construction of shock and expansion system by Levine.15

evaluation of several rotors. Koch and Smith11 presented a
method for calculating the design-point ef� ciency potential of
a multistage compressor. Monsarrat et al.12 performed similar
investigations on single-stage, high-Mach-number compressor
stages. Several papers have discussed experimental and theo-
retical shock-loss investigations. Schwenk et al.13 considered a
normal shock in the entrance region of the cascade using a
Prandtl– Meyer expansion. Levine,14 Balzer,15 and Swan,16

made efforts to calculate the shock losses by estimating the
shock position. The proposed methods, particularly, that of
Levine and Swan, found application in compressor design.
Similar to Schwenk et al., the methods by Levine, Balzer, and
Swan include the assumption of a normal shock. Levine and
Swan considered the acceleration on the suction surface by
using the continuity equation and a Prandtl– Meyer expansion;
however, Balzer disregarded the expansion completely and
used the continuity requirement. To construct the � ow� eld
Levine assumes an oblique shock formed at the leading edge,
which is followed by an expansion fan generated along the
suction surface. Levine de� nes the point e on the suction sur-
face (Fig. 1) so that the characteristic generated there is just
intercepted by the leading edge of the adjacent blade at loca-
tion L, and he determines the Mach Me from the Prandtl-
– Meyer relation. Although Levine’s work is considered as a
thorough treatment of the subject, it does not address the core
of the problem, namely the determination of the shock posi-
tion. The de� ciencies in the existing methods can be summa-
rized as follows:

1) They cannot accurately calculate the shock position,
which is a prerequisite for accurately predicting the shock
losses.

2) The Mach number calculated by the Prandtl– Meyer ex-
pansion on the suction surface does not represent the shock
Mach number along the channel width; Swan16 partially cor-
rected this de� ciency by building an average Mach number.

3) The description of the physical process is not complete:
The Prandtl– Meyer expansion combined with the continuity
requirement is not suf� cient to describe the shock mechanism
inside a compressor blade channel.

In an effort to predict the loss creation in the inlet area of
a compressor blade with supersonic relative inlet � ow, Free-
man and Cumpsty17 applied the conservation laws to a control
volume. They assumed a subsonic � ow at the rear of the con-
trol volume with a uniform Mach number M2 in the direction
of the blades and applied the momentum equation in that di-
rection. They argued that the downstream pressure p2 acting
on the entire gap in the momentum equation is equivalent to
assuming that the downstream pressure acts along the blade
surface from the leading edge as far as the downstream bound-
ary to the inlet region. Freeman and Cumpsty asserted that
their method is not entirely correct, but further argued that the
error caused by this, which in their opinion forms a part of
higher-order terms, can be neglected. Incorporating their as-
sumptions, Freeman and Cumpsty arrived at a momentum

equation that includes higher-order terms. Eliminating the
pressure terms, they obtained a � nal equation, plotted the right-
hand and the left-hand sides (LHS and RHS, respectively) of
this equation, and found considerable discrepancies between
the LHS and RHS. To � nd a solution, Freeman and Cumpsty
suggested an iteration procedure to � nd M2.

The method discussed in the preceding text contains as-
sumptions that violate the consistency of the conservation laws
leading to an erroneous equation (Freeman and Cumpsty,17 Eq.
4). These are as follows:

1) Assuming a uniform M2 without specifying its location is
an invalid assumption.

2) The assumption about the downstream pressure p2 as de-
scribed earlier is not substantiated.

3) The conservation of momentum is not correctly applied
to the control volume. The component of the blade force, par-
ticularly the drag component in the blade direction is declared
as the higher-order terms to be neglected. As a result, the ear-
lier equation does not simultaneously satisfy the conservation
laws. It is only valid if the blade thickness is equal to zero
and the � ow angle coincides with the blade angle. This case,
however, exhibits the trivial solution for the normal shock of
a perfect gas through a channel with constant cross section.
However, M2 and the shock position can be accurately deter-
mined as is shown in this paper.

Shock structure in transonic compressor rotors has been the
subject of several experimental investigations. Prince18 evalu-
ates three-dimensional shock structures for transonic/super-
sonic compressor rotors using holography, laser velocimetry,
and high-frequency pressure transducers. Prince compared the
measured shock angles with those predicted by conventional
cascade analysis and found discrepancies ranging from 20 to
60% resulting in shock-angle differences of 15– 20 deg. Wen-
nerstrom and Puterbaugh19 published a three-dimensional
model for the prediction of shock losses in compressor blades.
They state that their model differs from a classical Miller-
– Lewis– Hartman (MLH) normal shock model by taking into
account the spanwise obliquity of the shock surface resulting
from a leading-edge sweep, blade twist, and solidity variation.
They obtain the upstream shock Mach number using the MLH
normal shock model. Furthermore, they assume the suction
surface Mach number to be that resulting from Prandtl– Meyer
expansion from the relative inlet value through an angle equal
to the difference between the relative inlet � ow angle and the
suction surface angle at the impingement point. For the cal-
culation of the angle of the shock surface relative to the up-
stream � ow, Wennerstrom and Puterbaugh introduced a geo-
metric relation that contains the stream surface slope, the blade
lean angle, and the relative � ow angle. Using the normal shock
relations to calculate the upstream Mach number, which is then
averaged, the authors integrated the procedure into an existing
streamline curvature code to calculate the loss coef� cients and,
thus, the ef� ciency of three test compressors. With regard to
their ef� ciency comparison with the MLH method and exper-
iment, the authors found inconsistent results. In all three cases,
their method predicted a higher isentropic ef� ciency than the
MLH model did. Compared with experimental results, how-
ever, the method slightly overpredicted the � rst compressor
ef� ciency, underpredicted the second compressor ef� ciency by
0.5%, and overpredicted the third compressor ef� ciency by
0.5%. The main reason for the ef� ciency discrepancy may be
attributed to inaccurate calculation of the angle of the shock
surface relative to the upstream � ow. The relation introduced
by Wennerstrom and Puterbaugh19 is constructed from the nor-
mal shock assumption and the blade surface geometry to ac-
count for spanwise obliquity.Although the test calculations did
not prove the validity of their shock-loss model, as the authors
concluded, they did illustrate the magnitude of the reduction
in shock losses and particularly the spanwise obliquity of the
shock.
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Fig. 2 Shock-wave con� guration, angle de� nition, and normal
unit vectors.

Fig. 3 Stream tube with the inlet height h1 and the shock im-
pingement height hS bound by two streamlines Strli and Strli11 to
explain the continuity requirement.

Fig. 4 Introduction of mean streamline with curvature radius.

The de� ciencies mentioned earlier motivated Schobeiri20 to
generate a comprehensive study that deals with loss mecha-
nisms within transonic and supersonic compressors. In the fol-
lowing, a brief description of a new shock-loss model by
Schobeiri is presented. For the development of this model, the
passage shock is assumed to be an oblique shock, whose po-
sition changes according to the operating point and may in-
clude a normal shock as a special case. Furthermore, it is as-
sumed that the blading has a suf� ciently sharp leading edge,
where the shocks are attached at least at the design point, with
no detached bow waves expected. Furthermore, it is assumed
that the compressor cascade � ow under investigation can be
represented by an equivalent two-dimensional steady � ow,
where the cascade periodicity requirement is ful� lled. Starting
from these assumptions, we use the conservation laws of con-
tinuity, momentum, and energy, and a few geometric relations.
At the outset, it should be mentioned that none of the existing
appropriate models mentioned earlier has used the momentum
equation. This equation, if applied properly, helps accurately
determine the shock angle, which is one of the major param-
eters in shock-loss calculation.

II. Shock-Loss Model, Analytical Method
Figure 2 shows the shock situation with the inlet � ow angle

b1, the metal angle bt, and the incidence angle i, which
changes during an off-design operation. To determine the
shock position the continuity equation, the Prandtl– Meyer ex-
pansion, and the momentum equation are used. For the control
volume in Fig. 2 the continuity requirement is

r V S sin b = r V s cos d(h /h ) (1)1 1 1 1 s s s S 1

with h1 and hS as the height of the stream tube at the blade
leading edge and the shock-impingement point B (Figs. 2 and
3), respectively. Using the gasdynamics relationship, Eq. (1) is
written as

(1/2)[(k 1 1)/k 2 1)]2h S sin b r V M 1 1 [(k 2 1)/2]M1 1 1 S S S 1
= = H J2h S cos d r V M 1 1 [(k 2 1)/2]MS S 1 1 1 S

(2)

with the geometric relation

d = (p /2) 1 b 2 g (3)S

The incidence and the expansion angle are coupled by

i = u 2 n 1 n (4)S 1

where n is determined from the Prandtl– Meyer expansion law

2n = (k 1 1)/(k 2 1) arctan [(k 2 1)/(k 1 1)](M 2 1)Ï Ï
22 arctan M 2 1 (5)Ï

To complete the determining set of equations, the momen-
tum balance is applied to the control volume shown in Fig. 2.
The control volume is thought of as a portion of a stream tube,
which is bound by two adjacent meridional stream surfaces
shown in Fig. 3. The area on the suction surface that is directly
exposed to the shock is represented by the hatched area
CBB9C9. Neglecting the shear stress along the passage shock
AB and the blade-wall portion BC shown in Fig. 2, the mo-
mentum equation in tangential direction is written as

V cos b dmÇ 2 V cos b dmÇ 11 1 1 S S SE E
S S1 S

2 p cos(b 2 d) dS 1 2 p cos a dS = 0 (6)S S S W W WE E
S SS W

Because of the cascade periodicity, the contributions of veloc-
ity and pressure momenta along CD and EA cancel each other.
As Fig. 2 shows, because of the cascade periodicity, the pres-
sure at point A is identical to the pressure at point C. Further-
more, point B on the suction surface represents the common
endpoint for both distances AB and CB. This means that the
pressure distributions along AB and CB have exactly the same
beginning and ending values, but may have different distri-
butions between points AB and CB. Assuming that the pressure
integrals along the shock-front AB and the blade-contour por-
tion CB are approximately equal, their projections in circum-
ferential direction may cancel each other, leading to

1/22V cos b M 1 1 [(k 2 1)/2]M1 S 1 S
= = (7)H J2V cos b M 1 1 [(k 2 1)/2]MS 1 S 1

Finally, we arrive at a geometric closure condition that util-
izes the mean streamline, which is assumed to be identical to
the mean camber line of the blade with the radius R shown in
Fig. 4

R[1cos b 2 cos(b 1 u)] = (S /2)sin g (8)t t S
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Fig. 7 Shock position angle as a function of spacing ratio with
inlet Mach number as a parameter and bt = 30 deg.

Fig. 6 u as a function of S /R with M1 as a parameter with bt =
30 deg and i = 0 deg.

Fig. 5 Shock Mach number as a function of S /R with M1 as a
parameter with bt = 30 deg and i = 0 deg.

R[2sin b 1 sin(b 1 u)] = (S /2)cos g 1 (S /2) (9)t t S 1

The shock angle g is determined from

cos b 2 cos(b 1 u)t t
tan g = (10)1–2sin b 1 sin(b 1 u) 2 (S /R)t t 2 1

Considering the preceding procedure, the continuity equation
yields

h sin(b 1 i)sin g1 t

h 2(R/S )[cos b 2 cos(b 1 u)]sin(g 2 b )S 1 t t S

(1/2)[(k 1 1)/(k 2 1)]2M 1 1 [(k 2 1)/2]MS 1
= (11)H J2M 1 1 [(k 2 1)/2]M1 S

Equation (11) represents a general relationship between MS

and the undisturbed M1 with R/S1 as a cascade geometry pa-
rameter (Figs. 2 – 4). It is valid for axisymmetric cascades with
different spacings at the inlet and exit. For a rectilinear cas-
cade, the spacings at the inlet and exit are identical and may
be set: S1 = S2 = S. With Eqs. (2– 11) the shock quantities such
as d, bs, g, and Ms can be calculated easily. The shock loss is

k/(k2 1)
2 2P 2 P (k 1 1)M cos db a S

z = = 1 2S F G2 2P 2 1 (k 2 1)M cos db S

(2 1)/(k2 1)

2k 2 23 1 1 (M cos d 2 1) (12)SF Gk 1 1

where Pb and Pa represent the total pressure before and after
the shock. As an example, for bt = 30 deg and the incidence
angle i = 0 deg, the preceding equation system [Eq. (12)] is
used to calculate MS, u, g, the total pressure ratio and, thus,
the shock losses. The preceding equations represent a new
model for implementation into a design code such as stream-
line curvature code. They also exhibit an appropriate tool for
parameter studies. Equations (8 – 10) represent the closure con-
dition utilizing the mean streamline for circular arc blades. For
an arbitrary blade geometry, similar closure conditions can be
constructed by using the speci� c geometry of the blade under
investigation. The geometry may include multicircular arc
blades or any blades, whose shape is generally arbitrary. The
model discussed earlier is applicable to operation points, where
the shock is attached to the leading edge. It also may be ap-
plied to operations, where the shock is slightly detached from
the leading edge. In this case the method may yield acceptable
results. Adverse operation regimes that provoke stall condi-
tions, where partial or total � ow separation may occur, may
violate the assumptions made for establishing the theory.
Therefore, the application of the theory to these cases may
yield results that are not quite accurate. It should be pointed
out that the author has not applied the theory to such cases.

In the following section, the results of a parameter study
will be presented to show the effect of inlet Mach number on
shock Mach number, expansion angle, and the shock position.
Then the equations will be implemented into a compressor
shock-loss calculation procedure.

III. Results: Parameter Study
The con� guration of the � gures in this section follows the

format by Levine14 to allow a direct comparison of both re-
sults. In this connection, it should be mentioned that the var-
iation of S/R from 0.0 to 1.0 may not be representative for
advanced transonic or supersonic compressors. The latter may
have a large radius curvature resulting in small S/R ratios. The
results of the preceding equations are shown in Fig. 5, where
the shock Mach number is plotted as a function of S/R with
M1 as the parameter. This � gure shows that by increasing the
spacing ratio the shock Mach number continuously increases

and approaches an asymptotic value. These results are similar
to those presented by Levine.14 However, the values are dif-
ferent because of the simplifying assumptions made by Levine.
Keeping the inlet Mach number constant, the increase of spac-
ing ratio leads to a higher u, as shown in Fig. 6. This is in
agreement with the observations by Miller et al.2 They found
that increasing the spacing moves the shock position farther
downstream. On the other hand, increasing the inlet Mach
number at a constant S/R leads to a smaller expansion angle.
A similar tendency can be read from charts by Levine. For M1

= 1.2 and S/R = 0.5, Levine’s method gives u = 8 deg, whereas
the method presented in this paper calculates u = 9.5 deg. As
indicated previously, this difference is because of Levine’s
simpli� ed assumptions. Figure 7 shows g as a function of S/
R with M1 as the parameter. This � gure exhibits the signi� cant
effect of the inlet Mach number on the shock position. For a
given S/R, the g increases with increasing the inlet Mach num-
ber. This result is fully consistent with those found in Fig. 6.
For the parameter study presented in Fig. 7, shock-position
angles range from 115 to 170 deg. However, as mentioned
previously, the variation of S/R from 0.0 to 1.0 may not be
representative of advanced transonic or supersonic compres-
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Fig. 8 Change of g for a given cascade geometry at different
operation points.

Fig. 9 Effect of g change described in Fig. 8 on compressor per-
formance map.

Fig. 10 Compressor-stage velocity triangles, vectors, and angle
de� nitions used in diffusion factor relation.

sors. The latter may have relatively small maximum thick-
nesses and high radii of curvature on suction and pressure
surfaces resulting in small S/R ratios and, thus, different shock
angles. Once the shock angle is calculated at the design point,
it may undergo changes during an off-design operation. The
off-design operation may place a limitation on the shock-angle
range as Fig. 8 illustrates. Beginning with a design-point speed
line the operating point (Fig. 8a) is given by M1 with a
uniquely allocated b1 that satis� es the unique incidence crite-
rion. Increasing the back pressure from the design-point back-
pressure to a higher level (Fig. 8b) causes the passage shock
to move toward the cascade entrance. By further increasing
the back pressure from Fig. 8b to 8c a normal shock is estab-
lished, which is still attached. The corresponding g can be set
equal to glim [ gat. Decreasing the mass � ow beyond this point
causes the shock to detach from the leading edge as shown in
Fig. 8d. Reducing the rotational speed changes the incidence
and may lead to further moving the shock from the leading
edge as shown in Fig. 8d. These operating points are plotted
schematically in a compressor performance map shown in Fig.
9 with a surge limit and an attached normal shock line.

IV. Results: Pressure Losses in an Axial Flow
Compressor Stage

To calculate the shock losses in a transonic or a supersonic
axial � ow compressor, the shock model developed in Sec. II

is integrated into a loss-calculation procedure. To quantita-
tively describe the loss coef� cient, the compressor designer
usually utilizes the � ow de� ection represented by the diffusion
factor as a variable and the spanwise immersion as a param-
eter. In this section we follow the compressor designer no-
menclature and present the results as a function of the diffusion
factor in the spanwise direction. The following diffusion factor
has been accepted and widely used by compressor aerody-
namicists:

W 1 r V 2 r V2 2 t2 1 t1D = 1 2 1 (13)
W s (r 1 r )W1 1 2 1

It includes the effect of the rotation in its third term. Using the
angle de� nition in Fig. 10 and the dimensionless parameters

V U ra2 1 1
f = , x = =

U U r2 2 2
(14)

V Wa1 a1
m = =

V Wa2 a2

the rearrangement of Eq. (13) results in

1 sin b x sin b1 1
D = 1 2 1

m sin b s (x 1 1)2

1 123 (1 2 x )1 cot b 2 cot b (15)1 2F Gmxf mx

The expression in the parentheses exhibits the blade-speci� c
circulation, where the density change is not considered. To
account for the change of density, Schobeiri20 modi� ed the
diffusion factor by introducing the compressibility effect that
is brie� y summarized. To consider the effect of compressibility
on the maximum velocity ratio and thus on the diffusion factor,
Schobeiri introduced the speci� c circulation function for linear
and annular cascades, and compressor stages. For better un-
derstanding, this is started with the the simplest case, namely
a linear cascade, by introducing the inlet density r1

A r 1c `
g = = (V 2 V ) (16)C t1 t2Sc r V V r V1 ` a1 1 a1

The � rst subscript C refers to cascade second and the second
one to compressible � ow. The freestream density r` can be
expressed in terms of the density at the inlet and a � nite in-
crease r` = r1 1 Dr. Outside the boundary layer a potential
� ow is assumed that is not in� uenced by small perturbations.
With this assumption, the Euler equation combined with the
speed of sound may be applied

dr2V dV = 2C (17)
r
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Fig. 11 Total-loss parameter for HR = a) 0.1, b) 0.3, c) 0.5, d) 0.7, and e) 0.9. Rotor data from GE-1B, 2B, and 2D.

with C as the speed of sound. For small changes, the � ow
quantities can be related to the quantities at the inlet

V = V 1 DV, C = C 1 DC1 1
(18)

r = r 1 Dr, dr > Dr1

The preceding relations are introduced into Eq. (17) and the
differentials are approximated by differences and the higher-
order terms are neglected. After some rearranging the density
changes are obtained by

Dr V V2 22= 2M 2 1 (19)1 S D S Dr V V1 1 1

Introducing Eq. (19) into the relation r` = r1 1 Dr results
in

r sin b sin b` 1 12= 1 2 M 2 1 (20)1F S D S DGr sin b sin b1 2 2

Implementing Eq. (20) into Eq. (16) obtains the speci� c cir-
culation functions for linear cascade and stators with cylindri-
cal streamlines:

sin b sin b1 12g = 1 2 M 2 1 (cot b 2 cot b )C 1 1 2F S D S DGc sin b sin b2 2

(21)

The expression in the preceding bracket re� ects the Mach
number effect on the speci� c circulation function. Using the
same principle, the generalized circulation function for the ro-
tor is obtained by

sin b 1 sin b 11 12g = 1 2 M 2 1R 1F S D S DGc sin b m sin b m2 2

1 123 (1 2 x ) 1 cot b 2 cot b (22)1 2F Gmxf mx
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Fig. 12 Shock-loss parameter for HR = a) 0.1, b) 0.3, c) 0.5, d) 0.7, and e) 0.9. Rotor data from GE-1B, 2B, and 2D.

This equation allows calculation of the speci� c circulation
function that accounts for the compressibility effects. Intro-
ducing Eq. (22) into Eq. (15) results in a modi� ed version of
Eq. (15), which was introduced by Schobeiri20

1 sin b x sin b 11 1 2D = 1 2 1 (1 2 x ) 1 cot bm 1Fm sin b s(x 1 1) mxf2

1 1 sin b 1 sin b1 122 cot b 1 2 M 2 1 (23)2 1G F S DGmx m sin b m sin b2 2

In the following, this diffusion factor is used to establish
correlations for the individual losses as well as the total losses.
For this purpose the shock-loss model was rearranged so that
it was expressed in terms of modi� ed diffusion factor with the
immersion ratio HR = (r 2 rh)/(r 2 rt) as the parameter. The
total pressure losses encountered in an axial compressor stage
are as follows:

1) The blade primary losses generated by the wall shear
stress: The primary losses are restricted to the middle of the

blade surface area and are not affected by the secondary vor-
tices generated by the secondary � ow on the blade hub and
tip.

2) The trailing-edge mixing losses are a result of the thick-
ness of the trailing edge that causes a wake defect, mixing,
and additional entropy increase. From an experimental point
of view these two losses are not separable because the total
pressure measurements occur at a certain distance downstream
of the trailing-edge plane and inherently include the wake’s
total pressure defect. Frequently, the combination of these two
losses is called pro� le loss.

3) Shock losses are encountered in compressor stages with
subsonic absolute and high transonic to supersonic relative in-
let � ow conditions. Based on an angle incidence and the shock
position, these losses may generate considerable entropy in-
creases, resulting in a signi� cant deterioration of the stage ef-
� ciency. The shock losses are approximately of the same order
of magnitude as the pro� le losses.

4) Secondary losses that are a result of the end-wall bound-
ary-layer development, blade-casing clearance, and tip vorti-
ces.
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Fig. 13 a) Total-loss parameter and b) shock-loss parameter as
a function of modi� ed diffusion factor.

Fig. 14 a) Pro� le-loss parameter and b) difference in pro� le-loss
parameter with respect to minimum pro� le-loss parameter as a
function of modi� ed diffusion factor.

5) Secondary � ow losses as a result of compressor blades
with shrouds: A comprehensive treatment of losses is found in
a study by Schobeiri.20.

To establish a set of correlations that accounts for different
compressor loss mechanisms, the existing publicly available
experimental data were re-evaluated, particularly those by
Gostelow and Krabacher8 and Krabacher and Gostelow9,10 who
used four single-stage compressors with multi-circular-arc pro-
� les. A detailed description of the compressor facility and the
stages are found in the reports by Gostelow and Krabacher8

and Krabacher and Gostelow.9,10 The data analysis used the
following information: 1) The total pressure losses as a func-
tion of the diffusion factor in the spanwise direction; 2) inlet,
exit, and incidence angles; 3) Mach numbers; 4) velocities;
and 5) geometry. To consider compressibility effects, the mod-
i� ed diffusion factor in Eq. (23) was used with the information
from Gostelow and Krabacher8 and Krabacher and Goste-
low.9,10 Correlations were derived for total-loss coef� cients,
pro� le-loss coef� cients, and secondary � ow-loss coef� cients
from the experimental data. To obtain a correlation for the
pro� le-loss coef� cient, the shock-loss coef� cients consistent
with the total-loss coef� cient de� ned in the reports by Gos-
telow and Krabacher8 and Krabacher and Gostelow9,10 are cal-
culated and subtracted from the total-loss coef� cients. By def-
inition, this so-called pro� le-loss coef� cient not only includes
the primary losses but also contains the losses resulting from
the secondary � ow. Figures 11a– 11e show the total pressure-
loss parameter as a function of the modi� ed diffusion factor
for the immersion ratios HR from 0.1 to 0.9 as a parameter.
The symbols represent the measurements for three different
compressor rotors, GE-1B, GE-2B, and GE-2D. The highest
loss parameter is encountered near the tip, where the shock
losses and secondary � ow-losses are present. Using the infor-
mation from Gostelow and Krabacher8 and Krabacher and
Gostelow9,10 for the same immersion ratios from 0.1 to 0.9,

shock-loss coef� cients are calculated and plotted in Figs.
12a– 12e. As expected, the highest shock loss occurs at the tip
because of the high-tip Mach number. For the diffusion factor
ranging from Dm = 0.1 to 0.3, Mach-number effects are not
noticeable. At the tip region with HR = 0.1 and 100% rpm
(Fig. 12a), the shock losses contribute to about 40% of the
total losses. This order of magnitude emphasizes the impor-
tance for accurately predicting the shock losses in context of
overall total loss and ef� ciency prediction. Figure 12e exhibits
an overall zero shock-loss coef� cient at the hub, indicating the
absence of shock at the hub at any rpm.

The diagrams in Figs. 11a– 11e are summarized in Fig. 13a,
where all of the data are statistically evaluated. Figure 13a
exhibits the total pressure-loss parameter as a function of the
modi� ed diffusion factor with the immersion ratio as param-
eter. Highest total pressure loss occurs at the casing with HR
= 0, where the shock and boundary interaction determines the
loss parameter. The losses continuously decrease by moving
toward the blade midsection up to HR = 0.6. The total pres-
sure-loss coef� cient assumes a minimum at H = 0.7. At this
radius, the secondary-� ow effect apparently diminishes com-
pletely, so that the total pressure-loss coef� cient corresponds
to the primary-loss coef� cient. For immersion ratios greater
than H = 0.7, the losses start increasing again, which indicates
the strong effect of the secondary � ow. Figure 13b summarizes
the shock-loss situation from tip to hub (HR = 0 – 1.0). High-
est shock losses occur at the tip region and decrease toward
the hub, as seen in previous shock � gures. As previously
mentioned, subtracting the shock-loss coef� cients from the
total-loss coef� cients provides pro� le-loss coef� cients. The
resulting pro� le-loss coef� cients plotted in Fig. 14a are
approximately 30% smaller than the total pressure-loss coef-
� cient shown in Fig. 13a. The fact that the total pressure-loss
coef� cients exhibit a minimum at H = 0.7, where the second-
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ary � ow-effect diminishes, enables the compressor designer to
estimate the secondary � ow losses. To determine the distri-
bution of the secondary � ow losses, one can start from the
pro� le-loss distributions at different spanwise locations and
subtract the losses at H = 0.7. As a result, these losses include
the effect of the secondary � ows associated with wall bound-
ary-layer development and clearance vortices. Figure 14b
shows the distribution of the secondary loss parameter as a
function of the modi� ed diffusion factor and exhibits a linear
dependency of the secondary loss parameter as a function of
the modi� ed diffusion factor with the immersion ratio as a
parameter. Because the diffusion factor is directly related to
the lift force and, thus, to the lift coef� cient (CLc/s) as a linear
function, one may conclude that the secondary � ow losses are
linearly proportional to (Clc /s). This is in agreement with the
measurements by Grieb et al.21 and in contrast to the correla-
tion proposed earlier by Carter22 that includes the term (CLc/
s)2 and is adopted by many other researchers.

V. Concluding Remarks
In this paper a new shock-loss model was presented that

overcomes the weakness of the existing loss models. It accu-
rately calculates the expansion angle, the shock position, and
the shock losses. Existing published data were then re-evalu-
ated and detailed correlations were presented. Correlations
were established for the total pressure-loss coef� cient, pro� le-
loss coef� cients, and the secondary � ow-loss coef� cients.
These correlations allow the compressor designer to accurately
estimate the blade losses and, therefore, the stage ef� ciency.
The integration of this new shock-loss model into a design
code, such as a streamline curvature code, exhibits a simple
and practical tool to accurately calculate shock loss.
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